Geometric and aerodynamic design factors were studied for the design of two-dimensional, external-compression inlets operating at a freestream Mach number of Mach 1.7. Computational simulations of the inlet flows were performed to obtain the inlet performance metrics consisting of the inlet flow rates, total pressure recovery, and total pressure distortion at the engine face. The key design factors identified included the external diffuser Mach number, cowl lip interior angle, bleed slot length, throat section aft centerbody slope, and subsonic diffuser length. Using the results of the Mach 1.7 inlet study, inlets were designed for Mach 1.4 and 2.0. The results provide useful insight on the significance of the design factors for the design of such inlets for commercial supersonic aircraft.
I.Introduction
The design of commercial supersonic aircraft requires an aerodynamically efficient propulsion system consisting of an inlet, engine, and nozzle integrated well with the aircraft. The focus of this paper is on the design of the inlet for efficient internal aerodynamic performance at the design supersonic cruise condition. Current commercial supersonic aircraft are being designed for flight between Mach 1.4 to just greater than Mach 2.0 [1] . The inlet for the Concorde aircraft [2] provides a useful reference for inlet design for this range of Mach numbers. The Concorde cruised at Mach 2.0 and used a two-dimensional, external-compression inlet to provide a stable terminal shock system. The two-dimensional nature of the inlet allowed forward and aft ramps that could be rotated to open the inlet throat altitude, the Standard Atmosphere is used to find the static pressure and temperature that define the thermodynamic state of the freestream. Alternatively, the dynamic pressure can be specified and with knowledge of the Mach number, the corresponding static pressure can be calculated. With the static pressure known, the Standard Atmosphere can be used to obtain the corresponding altitude and static temperature. The angle-of-attack specifies the incidence of the inlet axis with the freestream. 
C. Engine Face
The engine face forms the downstream boundary condition to the inlet design problem with the specification of the engine face geometry and the engine flow rate. The turbofan engine used for the inlet design studies is described in Ref. [4] which presents the Supersonic Technology Concept Aeroplanes (STCA). The STCA aircraft of interest here is a 55-ton business-class airplane designed to perform trans-Atlantic flights with 8 passengers at a cruise Mach number of M0 = 1.4. This STCA aircraft is powered by three conceptual turbofan engines designed by NASA. The engine designs are based on publicly-available data related to the CFM International CFM56-7B engine. The engine has a single-stage fan with a smaller-diameter than that of the CFM56, but with a higher pressure ratio. The low pressure compressor was removed to compensate for the higher ram pressure and temperatures of supersonic flight. Though a mechanical layout of the system to set corresponding limits was not performed, changes to the cycle were anticipated which would enable re-use of the existing core hardware with minimal to no change, but allowing for longer operation near peak temperatures.
The engine face is modeled as an annular cross-section with a spinner at the center. The engine-face has a diameter of D2 = 3.625 feet with a spinner with a hub-to-tip ratio of Dhub/D2 = 0.3. The spinner is modeled with an elliptic profile with an aspect ratio of length-to-diameter of 2.0. The cross-sectional area of the engine face (A2) is based on the annular area formed by the circular engine face and spinner hub diameter and is A2 = 9.3918 ft 2 . Figure 1 shows the shapes of the engine face and spinner. The center of the engine face is positioned on the vertical plane of inlet symmetry (i.e., z2 = 0 ft). The axial placement of the engine face (x2) depends on the overall length of the inlet. The vertical placement of the engine face (y2) can vary; however, a constraint is imposed on the inlet designs of this paper to place the engine face such that the upper surface of the inlet interior forms a fairly flat profile. This results in reducing the angles of the forward-facing surfaces of the cowl exterior, which should result in lower wave drag. The engine-face is oriented to be perpendicular to the x-axis.
The engine flow rate is specified by the engine-face corrected flow rate (WC2), which is set by the desired level of thrust as part of the mission of the aircraft. The values of the engine-face corrected flow rate used for the inlet designs for each freestream Mach number (M0) is listed in Table 1 . Also, listed is the altitude (h0). The engine-face corrected flow rate decreases with freestream Mach number in response to limits on the engine maximum temperature. Ref. [4] only provides data for the engine of the STCA aircraft up to M0 = 1.4, which is listed in Table 1 . The values of WC2 listed in Table 1 for M0 = 1.7 and 2.0 were obtained using a linear extrapolation of the STCA engine data for M0 = 1.3 and 1.4. The engine-face corrected flow rate corresponds to an engine-face mass-averaged Mach number (M2), which are also listed in Table 1 .
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D. External Supersonic Diffuser
The external supersonic diffuser forms a compressive, supersonic flowfield in which the supersonic freestream Mach number (M0) is decelerated to a lower supersonic Mach number (MEX) at the end of the external supersonic diffuser at the upstream side of the cowl lip station 1. The external supersonic diffuser consists of one to three stages which create oblique shock waves and possibly Mach waves. The geometry of the external supersonic diffuser is formed by establishing a planar profile that is extruded in the z-direction. A planar sidewall is created with a leading edge defined by a line from the nose to the cowl lip.
One design factor of the external supersonic diffuser is the number of stages (Nstgs). In this work, the values explored were Nstgs = 1, 2, or 3. The first stage is always a ramp with a deflection with respect to the x-axis of θstg1, which forms an oblique shock at the nose of the inlet. For Nstgs = 2 and 3, additional oblique shocks are formed with discrete changes in the angles of the ramps denoted as θstg2 and θstg3. A second design factor is the Mach number MEX, which for compression MEX < M0 and typical values for external compression inlets range from 1.25  MEX  1.35. The Oswatitsch condition [6] is used to compute the ramp angles such that the decrease in the total pressure is the same across all of the shocks. The ends of the stages are denoted by the coordinates xstg1, xstg2, and xstg3. For the case of Nstgs = 3, the option exists to use a curved surface for the second stage that creates a series of compressive Mach waves that are focused on the cowl lip and form an isentropic compression. The images of Fig. 2 provide schematics of the stages and illustrate the corresponding oblique and Mach waves. The shock and Mach waves have focal points associated with them that are placed at the x-coordinate of the cowl lip. At the current time, the Mach waves use the cowl lip point as their focal point. For the oblique shock waves, focal points can be specified for each shock. The placement of the focal points involve a vertical displacement (yfocal) from the cowl lip point. This displacement is calculated using a specification of the amount of supersonic spillage (Wspillage/Wcap) for the inlet. The inlets of this paper use a supersonic spillage of Wspillage/Wcap = 1% or 2%. The benefit of a small level of supersonic spillage is that it places the oblique shocks a small distance ahead of the cowl lip and provides a margin against the interaction of the shocks with the cowl lip or cowl interior when the inlet is at an angleof-attack. Such interactions could degrade or destabilize the internal inlet flow.
As mentioned previously, the cross-section of the external supersonic diffuser is a rectangle. A reference area for the inlet is the capture area defined here as Acap = yclip wcap. Where yclip is the vertical distance from the nose to the cowl lip point and wcap is the width of the external supersonic diffuser. The capture flow rate (Wcap) is computed with the freestream conditions and the area Acap and serves as the reference flow rate.
E. Throat Section
The throat section starts at station 1 and extends to the start of the subsonic diffuser at station SD. The role of the throat section is to turn the outward flow from the external supersonic diffuser toward the engine face and assure the formation of subsonic flow into the subsonic diffuser. The throat section of a two-dimensional inlet has cross-sections that are rectangular, and so, the centerbody and cowl interior through the throat section can be defined by planar profiles. The geometric design factors that define these planar profiles are shown in Fig. 3 . This geometry model for the throat section is rather basic and other models can certainly be used; however, this model contains some of the basic features of a throat section.
Point (x,y)cb1 is the start of the throat section on the centerbody and is located on the line that intersects the cowl lip and is perpendicular to the end of the external supersonic diffuser. The slope of the centerbody at station 1 (θcb1) is set to the slope of the last stage of the external supersonic diffuser. The profile of the centerbody through the throat section consists of three planar segments. The first segment is a line of length Lcb1sh that starts at point (x,y)cb1 and has a slope of θcb1. The second segment is the shoulder and is formed using a non-uniform rational B-spline (NURBS) that starts at point (x,y)cbsha with the slope of θcb1 and ends at point (x,y)cbshb with the slope of θcbSD. The third segment is a line of length LshSD that starts at point (x,y)cbshb and ends at point (x,y)cbSD, which is the end of the centerbody in the throat section.
The cowl interior starts at the cowl lip interior point. The profile of the cowl lip is an ellipse with the cowl lip point (x,y)clip being the forward-most point. The major axis of the ellipse is oriented at an angle of θclip. For a supersonic inlet, the ellipse is very small to approximate a nearly sharp cowl lip leading edge.
The profile for the cowl interior through the throat section consists of two segments. The first segment starts at the downstream end of the elliptical profile of the cowl lip, which has a slope of θclip, and extends to cowl station (x,y)cwTH. The point (x,y)cwTH is located as the intersection point of the cowl interior profile and a vertical line that passes through point (x,y)cbTH, defined as the point on the shoulder segment with a zero slope, or θcbTH = 0.0. At the point (x,y)cwTH, the cowl interior has a slope of θcwTH. The location of point (x,y)cwTH is fully established with the specification of the cross-sectional area at station TH (ATH) that is calculated using the area ratio ATH/A1. The second segment of the cowl interior starts at point (x,y)cwTH with slope θcwTH and ends at point (x,y)cwSD with slope θcwSD. The location of point (x,y)cwSD is fully established with the specification of the cross-sectional area at station SD (ASD) that is calculated using the area ratio ASD/A1. The two cowl interior profile segments are formed as NURBS curves.
The throat section can accommodate a bleed slot, as shown in Fig. 3 . The slot opening occurs over the length of the shoulder and replaces the shoulder surface. A bleed slot plenum is constructed below the slot with a height (hplen) and length (Lplen) to form a plenum that allows the slot bleed flow to reach essentially stagnant conditions. At the design conditions for an external-compression, supersonic inlet, the terminal shock is located in the region of station 1. On the upstream side of the terminal shock, the Mach number is MEX and for the two-dimensional external supersonic diffuser, the flow is uniform along the upstream side of the terminal shock. Downstream of the terminal shock, the Mach number (M1) is subsonic. The terminal shock may be a normal shock or a strong oblique shock. If the cowl lip interior angle is less than the flow angle, θclip < θcb1, and the static pressure downstream of the shock is not beyond a critical value, then a strong oblique shock can be established. The Concorde inlet [2] was able to establish a strong oblique shock, and so, reduce the loss of total pressure across the terminal shock. Table 2 summarizes the design factors for the throat section. The lengths are specified as factors of the engineface diameter (D2). The sub-sections describing the inlets of the Section IV will discuss the specific values of the factors used for each of the inlets.
Factor Description Lcb1sh
Length of the linear segment forward of the shoulder (factor of D2) Lslot
Axial length of the shoulder (factor of D2) LshSD
Length of the linear segment aft of the shoulder (factor of D2) θcbSD
Slope of the linear segment aft of the shoulder (degrees) θclip
Slope of the cowl lip and cowl lip interior profile (degrees) θcwTH
Slope of the cowl interior at point (x,y)cwTH (degrees) θcwSD
Slope of the cowl interior at point (x,y)cwSD (degrees) ATH/A1 Ratio of cross-sectional areas at stations TH and 1 ASD/A1 Ratio of cross-sectional areas at stations SD and 1
F. Subsonic Diffuser
The subsonic diffuser starts at station SD and ends at station 2. Figure 4 illustrates the geometry model for the subsonic diffuser for the two-dimensional inlets. The axial length of the subsonic diffuser is Lsubd and is normalized by the engine-face diameter, or Lsubd/D2. Over this length, the subsonic diffuser transitions in shape from a rectangular cross-section at station SD to a circular cross-section at station 2, which can be seen in Fig. 1 . The coordinates ySD and y2 are at the center of stations SD and 2, respectively. A two-dimensional inlet allows a vertical offset of (y2 -ySD)/Lsubd of the engine face to match the inlet up with the engine placement within the aircraft. As mentioned previously, this offset is constrained for the inlets studied in this paper so as to create inlets in which the top interior surface is mostly flat from the cowl lip to the top of the engine face.
G. Supersonic Inlet Design and Analysis Tool (SUPIN)
The design of the two-dimensional, external-compression inlets using the geometry models and design factors discussed above was facilitated through the use of the Supersonic Inlet Design and Analysis Tool (SUPIN) [7] . SUPIN is a FORTRAN 95 program that reads in a text-based input data file that provides the values of the design factors. SUPIN uses analytic, empirical, and computational methods to design the inlet and estimate the flow rates, total pressure recovery, and drag for the inlet. SUPIN generates the surfaces of the inlet and creates a Plot3D file [8] of the surface grid of the inlet. SUPIN can also automatically generate a multi-block, structured grid for a flow domain about the inlet for flow analysis using CFD methods. 
III. CFD Simulation Methods
The CFD simulations were performed using the Wind-US flow solver, which is discussed in the next sub-section. Subsequent sub-sections discuss the modeling of the flow domain and boundary conditions for the two-dimensional, external-compression inlets, generation of the grid, refinement of the grids, flowfield initialization, and monitoring of the flow solution for iterative convergence.
A. Wind-US Flow Solver
The Wind-US flow solver [9] was used to solve the steady-state, Reynolds-averaged Navier-Stokes (RANS) equations for the flow properties at the grid points of a multi-block, structured grid defining a flow domain about the inlets. Wind-US used a cell-vertex, finite-volume representation for which the flow solution was located at the grid points and a finite-volume cell was formulated about the grid point. In Wind-US, the RANS equations were solved for the steady-state flow solution using an implicit time-marching algorithm with a first-order, implicit Euler method using local time-stepping from an initial flow solution. All of the simulations were performed assuming calorically-perfect air. The inviscid fluxes of the RANS equations were modeled using a second-order, upwind Roe flux-difference splitting method. The flow simulation can assume inviscid flow, as well as, viscous laminar or turbulent flow. For turbulent flow, the turbulent eddy viscosity was calculated using the two-equation Menter Shear-Stress Transport (SST) [10] turbulence model. Figure 5 shows the computational flow domain and boundary conditions (BC) used for the CFD simulations of the inlets. The flow domain defined the control volume in which the RANS equations were solved. The flow domain only contained the starboard half of the inlet since the inlet had geometric symmetry about the vertical plane through the center of the inlet and flow symmetry was assumed. Symmetry or reflective boundary conditions were imposed at the symmetry boundary. The internal and external surfaces of the inlet formed a portion of the boundary of the flow domain where non-slip, adiabatic viscous wall boundary conditions were imposed. The inflow and farfield boundaries of the flow domain had freestream boundary conditions imposed in which the Mach number, pressure, temperature, and angle-of-attack were specified. The inflow and farfield boundaries were positioned just upstream of the leading edge oblique shock so that the uniform freestream conditions could be imposed on those boundaries. At the downstream end of the cowl exterior, the domain had an external outflow boundary where an extrapolation boundary condition was applied for supersonic outflow.
B. Computational Flow Domain and Boundary Conditions
Downstream of the engine face, a converging-diverging, outflow nozzle section was added to the flow domain to set the flow rate within the inlet. The nozzle section moved the internal outflow boundary condition downstream of the engine face, which reduced possible interference from the boundary condition on the flow at the engine face. The outflow nozzle is shown in Fig. 5 . The converging-diverging portion is preceded by a portion of constant-area. The length of the outflow nozzle section was twice the diameter of the engine face, which was found sufficient for this inlet. A longer length may be required for an inlet in which significant boundary-layer separation extends into the engine face. The cross-sectional area of the throat was set by specifying the ratio of the diameter of the nozzle throat to the diameter of the engine-face (Dnoz/D2) and was set to form choked flow at the throat. Upstream of the nozzle throat and into the subsonic diffuser, the flow was subsonic and created the necessary back-pressure to support the terminal shock at the inlet throat section. Reducing the outflow nozzle throat area increased the back-pressure, and so, reduced the inlet flow rate. Downstream of the outflow nozzle throat, the flow was supersonic, and so, an extrapolation boundary condition could be applied at the internal outflow boundary. 
C. Computational Grid
The computational grid for the flow domain was generated by dividing the flow domain into multiple blocks and generating structured grids for each block. SUPIN was used to generate the blocks and grid points using an automated process. SUPIN also created the boundary condition file for Wind-US. The inputs to the process include some factors to determine the extents of the flow domain and the resolution of the grid points. The grid resolution factors include the grid resolution of the first grid point away from the wall (swall), the grid resolution within the throat section in the streamwise direction (sx), and the grid resolution at the symmetry boundary (ssym). SUPIN then imposed these grid resolution values along the edges of the inlet geometry and flow domain to compute the required number of grid points along those edges. A grid block topology was assumed for the inlet to form the edges into faces and those faces into blocks. SUPIN generated grids along the edges, on the surfaces, and within the interior volume of each block. The interior block boundaries abutted with other block boundaries. For most blocks, the grid lines were contiguous across block boundaries, but some non-contiguous boundaries were used to facilitate the structured topology. Figures 5 and  6 show example of the flow domain with the multi-block topology. Figure 7 shows an example of the grid lines for the block faces on the symmetry boundary. The red, blue, and green colors indicate individual faces of blocks.
D. Initial Flow Solution and Solution Monitoring
The CFD simulations were mostly initialized with a flowfield set to the freestream conditions. However, subsonic initial conditions were imposed in the bleed slot plenum. The simulation started with the first-order form of the Roe flux-splitting method so as to damp out large initial gradients. Eventually, the second-order flux method was applied as the residuals over the iterations decreased and the boundary layers, shock waves, and subsonic inlet flow took form. At the start of the simulations, the Courant-Friedrichs-Lewy (CFL) number had a value of 0.5, but increased incrementally to a value of 2.5 as the flow solution developed. Local time stepping was used in which the local time step used was computed based on the CFL number and the local grid cell size. The iterative convergence was indicated in part by the reduction of the root-mean-square of the residuals of the conservative variables for each block. Iterative convergence was also evaluated through the monitoring of the convergence of the inlet flow rate, total pressure recovery, and total pressure distortion. The steady-state solution was considered converged when these values varied less than 0.1% of their values over 1000-2000 iterations.
E. Inlet Performance Metrics
The flow solutions from the CFD simulations were used to obtain the aerodynamic performance metrics of the inlet. The four inlet performance metrics used to characterize the inlet included the inlet flow ratio (W2/Wcap), the inlet total pressure recovery (pt2/pt0), the General Electric (GE) inlet circumferential distortion index (IDC), and the GE inlet radial distortion index (IDR). The inlet flow ratio was defined as the inlet flow rate (W2) divided by the reference capture flow rate (Wcap). The inlet flow rate (W2) was obtained from the CFD simulation by integrating the rate of flow passing through the cross-stream grid planes of the outflow nozzle. The total pressure at the engine face (pt2) was computed as the mass-average of the total pressures at the grid plane at the engine face. The third and fourth metrics of inlet performance were indices of the inlet circumferential (IDC) and radial (IDR) total pressure distortion at the engine face as defined by General Electric [11] . The distortion indices were defined on a standard 40-probe rake array of the Society of Automotive Engineers (SAE) Aerospace Recommended Practices (ARP) 1420 document [12] . The rake array consisted of eight radial rakes each containing five total pressure probes. In the circumferential direction the eight probes were located at a constant radius and formed a ring about the circumference of the engine face. Each ring was placed radially at the centroid of equal-area sectors. The flowfield from the CFD simulation was interpolated onto the locations of the probes to obtain the total pressure at the probe location. The IDR index is identical to the radial distortion index defined in the SAE ARP 1420, Ref. [12] . The method for computation of the IDC index for each ring can be found in Ref. [11] . The IDC indices reported in this paper were computed as the average of the IDC indices computed on the two outer rings because the total pressure distortion was predominately a tip distortion.
IV. Results
The inlet design and analysis methods were applied for the freestream and engine-face condition as listed in Table  1 for freestream Mach numbers of M0 = 1.4, 1.7, and 2.0. The following sub-sections presents the results for the inlet for M0 = 1.7 and includes studies of the effect of the various design factors. The final two sub-sections use the lessons from the M0 = 1.7 inlet studies to design inlets for M0 = 1.4 and 2.0.
A. Mach 1.7 Inlets: External Supersonic Diffuser
This section discusses the design of external supersonic diffuser for the inlets for M0 = 1.7 using the freestream and engine conditions of Table 1 . The first decision was the choice of the number of stages (Nstg) and Mach number (MEX) for the external supersonic diffuser. SUPIN was used to design inlets with one to three stages with MEX = 1.30. Table 3 lists the resulting total pressure ratios at the end of the external supersonic diffuser (ptEX/pt0) and diffuser lengths (LEXD/D2). The row labeled "3I" indicates the inlet for which the second stage was an isentropic stage. As can be seen, as the number of stages increase, the ratios of total pressure through the stage increase and the diffuser lengths increase. It was decided to use three stages (Nstg = 3) for the M0 = 1.7 inlet with the second stage being an isentropic stage (i.e., 3I). As Table 3 shows, this choice yields the highest total pressure ratio through the external supersonic diffuser. This choice was also guided by the knowledge that the Concorde [2] inlet also used this configuration with the intent that the isentropic compression smoothed the interaction with the boundary layer better than an oblique shock. This choice also anticipated a variable-geometry ramp for the third stage of the external supersonic diffuser that would rotate about a point near the isentropic second stage. Table 4 lists the values of the design factors for the baseline inlet. These values were estimated to be median values of the range of possible values. The values were also established through using SUPIN and using some qualitative judgement on their effect on the shape of the inlets. The factors listed in Table 4 explicitly defined the centerbody profile. For the cowl profile, the factors θcwTH, θcwSD, ATH/A1, and ASD/A1 were set such that the cowl profile was smoothly varying and mostly flat from the cowl lip to the top of the engine face, as mentioned in previous sections with the intention of reducing cowl wave drag. In addition, a supersonic spillage rate of Wspillage/Wcap = 1% was specified to ensure that the external supersonic diffuser leading edge oblique shock was ahead of the cowl lip. Table 1 for M0 = 1.7. Figure 8 shows the Mach number contours on the symmetry plane for each inlet. The images show the shock structure on the external supersonic diffuser consisting of the leading edge oblique shock that spills supersonic flow ahead of the cowl lip and the Mach waves of the isentropic second stage that are focused on the cowl lip. Downstream of the Mach waves, the flow has a uniform Mach number of MEX. The terminal shock is mostly a normal shock with subsonic flow downstream of the terminal shock. The bleed slot and plenum can be seen with arrows leaving the downstream edge of the plenum to indicate the bleed flow exiting the plenum. The subsonic flow diffuses downstream of the bleed slot to decrease the Mach number as the flow approaches the spinner and engine face. Toward the bottom of the subsonic diffuser, the darker blue contours indicate regions of lower-momentum flow.
Nstg ptEX/pt0 LEXD/D2
One observation of the Mach number contours of Fig. 8 is that for MEX = 1.25 and 1.30, the flow experienced a local acceleration to supersonic speeds above the bleed slot. The higher post-terminal-shock Mach numbers for these inlets made it easier for the flow to acceleration to supersonic speeds with only slight changes in the local flow areas. This seems to suggest that higher values of MEX are beneficial. Table 5 lists the inlet geometric properties and performance metrics as obtained from SUPIN for these four inlets. The SUPIN results suggests that using MEX = 1.25 would be the best choice. The last two columns present the engineface Mach number (M2) and the total-pressure recovery (pt2/pt0) as computed from the Wind-US simulations. The listing of total pressure recoveries suggests that MEX = 1.30 would provide the highest value of pt2/pt0, and such, this value of MEX was selected for further inlet studies. The MIL-E model [13] is commonly used to provide a reference for expected values of total pressure recovery. For M0 = 1.7, the MIL-E model indicates a value of pt2/pt0 = 0.9489. Thus, the value of pt2/pt0 = 0.9659 is well above the MIL-E model. 
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B. Mach 1.7 Inlets: Grid Convergence
A check of the grid convergence was performed for the baseline inlet with MEX = 1.30. Grids A, B, and C were generated and Table 6 lists the grid resolution values (sx and ssym) in the axial and cross-stream directions, respectively. The column of sEQ values are the root-mean-square values of the grid resolution. The column of hn values is a normalized value of sEQ with hn = 1.0 being for the finest grid. The columns labeled Nx, Nr, and Nc indicate the number of grid points in the axial, radial or vertical, and cross-stream directions, respectively, along the length of the inlet. The last three columns list the inlet performance metrics from the Wind-US simulations for each grid. The Wind-US simulations on grids A111, B111, and C111 were formed using every other grid point of the grids A000, B000, and C000, respectively.
The standard deviation expressed as a percentage of the mean values of the performance metrics pt2/pt0, IDC, and IDR on grids A000, B000, and C000 were 0.012%, 2.084%, and 1.348%, respectively. These values can represent the uncertainty of the performance metrics with respect to grid resolution and are probably well within other uncertainties such that either of these three level of grid resolution could be used for the inlet design studies. = 1.25, 1.30, 1.35, and 1.40 for baseline design factors for the M0 = 1.7 inlets. Table 5 . Properties and performance of external supersonic diffuser stages. Figure 9 shows images of the Mach number contours for grid C on the symmetry plane and on axial planes through the inlet. The axial planes show the formation of a vortex that is generated from the interaction of the cowl shock with the sidewall and the eventual interaction with the corner. The vortex propagates downstream in the subsonic diffuser along the corner and grows slightly before mostly dissipating prior to the engine face. 
Figure 8. Mach number contours on the symmetry plane for MEX
C. Mach 1.7 Inlets: Bleed Rates
The influence of the bleed rate on the inlet performance was studied for a series of inlets designed using the baseline values of the factors listed in Table 4 while the bleed rate was reduced from 2% to 0%. Table 7 lists the bleed rates studied. For each bleed rate, an inlet was designed so as to capture the correct amount of engine and bleed flow. The respective capture areas (Acap) for the inlets are listed in Table 7 . The computational grids for the inlets were generated with the same grid resolution of Grid B. Table 7 lists the flow rates, engine-face Mach number, total pressure recovery, and distortion indices for the inlets operating near the design corrected flow rate. As the bleed rate decreases, the total pressure recovery decreases and the distortion increases. The degradation of the flow can be seen in the Mach number contours of Fig. 10 . As the bleed is reduced, the low-momentum region at the bottom of the subsonic diffuser increases in size and extent. As the bleed is reduced, the spillage increases, even though the Mach number at the engine face (and so also the engine face corrected flow rate) increases. The decrease in performance of the inlet as the bleed rate decreases results in less flow to the engine. Table 6 . Grid convergence properties and inlet performance metrics. Figure 9 . Mach number contours for the baseline Mach 1.7 inlet on the finest grid C. Table 7 . Inlet performance metrics with variation in the bleed rate.
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D. Mach 1.7 Inlets: Throat Section
An objective of the study of the throat section was to establish which of the design factors for the throat section as listed in Table 2 were most significant in improving the aerodynamic performance and to obtain an optimum set of values of those factors. Some constraints were imposed on the factors to set the bounds of the study. The first two constraints involved the specification of the profile of the throat section centerbody. The first constraint was to fix the value of the design factor for the initial length of the centerbody (Lcb1sh) to the baseline value as listed in Table 4 , Lcb1sh/D2 = 0.1. The design intent was to maintain the slope of the final ramp of the external supersonic diffuser a short distance into the inlet so that if the terminal shock moved downstream of station 1, a local flow expansion and acceleration does not occur on the centerbody. When the local flow accelerates to a higher Mach number, then the total pressure loss across the terminal shock increases. The second constraint was to hold fixed the overall length of the throat section. The total pressure losses through the throat section were dependent on the length, and so, by fixing the length, any changes in the inlet performance are due only to the variation in other design factors. The length was set fixed by specifying 2 = 0.6 − 2 (1) where LcbSD was the length of the aft portion of the throat section centerbody. The profile of the throat section centerbody is fully specified with the specification of the length of the bleed slot (Lslot) and the slope of the aft portion of the throat section (θcbSD). These two design factors were thought to be important and were varied as part of the formal study of the design factors discussed later in this section.
The design factors defining the profile for the throat section cowl interior were θclip, θcwTH, θcwSD, ATH/A1, and ASD/A, as listed in Table 4 . The cowl lip interior angle (θclip) was thought to be an important factor and was varied as part of the formal study of the design factors discussed later in this section. The design intent of the throat section cowl interior profile was to create a gradual turning of the profile to the axial direction to limit any further turning of the flow. Such a cowl interior profile was shown in Fig. 9 for the baseline inlet. With the centerbody profile defined and a value set for θclip, the factors θcwTH, θcwSD, ATH/A1, and ASD/A1 were adjusted such as to satisfy this constraint on the cowl interior.
The formal study of the design factors θclip, Lslot, and θcbSD involved use of the methods of statistical design-ofexperiments (DOE). A central-composite face-centered (CCF) DOE design was used in which the three factors were varied over three levels. The axial length of the bleed slot was varied with Lslot/D2 = 0.1, 0.2, and 0.3. The slope of the aft portion of the throat section centerbody was varied with θcbSD = 0, -4, and -8 degrees. The cowl lip interior angle was varied with θclip = 0, 4, and 8 degrees. The flow angle at the cowl lip was equal to the slope of the final stage of the external supersonic diffuser and was shown in Table 5 to be θcb1 = 11.60 degrees. Thus, values of θclip < θcb1 will result in a deflection of the supersonic flow at the cowl lip.
The CCF DOE design required 15 different combinations of factors, which called for 15 inlets and Wind-US simulations. For each inlet, the engine-face outflow boundary condition was set such that the corrected flow rate matched closely to the corrected flow rate listed in Table 1 for M0 = 1.7, which required that M2 = 0.581. A further constraint was that the capture area of all of the inlets was set to the same capture area as the baseline inlet. The bleed rate was also specified to be 2% of the capture flow rate, and so, fixed for all of the inlets. With all of these constraints on the inlet designs, the changes in the inlet performance could be attributed only to changes in the three design factors.
The values of the design factors for each of the 15 inlets are listed in Table 8 . The CFD simulations were performed and the three columns on the right-side of Table 8 list the inlet performance metrics for each inlet simulation. Figure  11 shows images of the Mach number contours on the symmetry plane for each inlet simulation. Some general observations can be seen from the images. First, the solutions with Lslot/D2 = 0.1 indicated a supersonic flow region and small normal shock above the bleed slot, which suggests that the bleed slot was too small to pass the 2% bleed flow. Second, the solution with θclip = 0 degrees also showed some local acceleration of the flow to some instances of supersonic flow and the formation of a normal shock wave in the throat section. The effect of the local supersonic flow was to lower the total pressure recovery and increase distortion. This suggests that one should avoid such values for these two factors. The baseline inlet (Inlet bbb in Table 8 ) indicated the maximum total pressure recovery. Inlet abb showed similar performance. The DesignExpert ® software [14] was used to perform statistical analysis of the variations and to build a response surfaces for the each of the performance metrics listed in Table 8 . A quadratic response surface was obtained for the total pressure recovery with the significant factors as shown in Eq. 2, 
The statistical analysis indicates that Lslot has slightly more significance than θclip and θcbSD and has a quadratic component that suggests that the total pressure recovery is maximized when Lslot/D2  0.2. The positive linear coefficients of θclip and θcbSD indicate that higher slopes increase the total pressure recovery.
A statistically-significant model was possible for IDC and involved only linear terms for Lslot and θcbSD, 
E. Mach 1.7 Inlets: Optimum Configuration and Reduced Subsonic Diffuser Length
An optimum configuration for an inlet for M0 = 1.7 was formed with consideration of the results of the previous section and Eqs. 2 -4. With regards to an optimum value for θclip, the results indicated that values of 4.0  θclip  8.0 maximized pt2/pt0 and reduced IDR. A numerical optimization of Eq. 2 yielded an optimum value of θclip = 7.2 degrees to maximize pt2/pt0. However, the cowl wave drag was not included in the optimization problem, which would suggest that a lower value of θclip would be better in reducing cowl wave drag. Thus, a value of θclip = 6.0 degrees was chosen as a reasonable value to represent the optimum configuration. With regards to an optimum value for Lslot, Eqs. 2 to 4 indicated an optimum value of Lslot/D2 = 0.22, which was chosen as the optimum value. With regards to an optimum value for θcbSD, the results indicated that higher values increased pt2/pt0 and reduced IDC. The numerical optimization of Eq. 2 yielded θcbSD = 0.0 degrees; however, a value of θcbSD = -4.0 degrees was chosen, instead to more evenly distribute the area diffusion within the subsonic diffuser in anticipation of shortening the subsonic diffuser. Table 9 lists the final set of design factors for the optimum configuration. An inlet was generated for this optimum set of factors and the inlet performance from the CFD simulation is summarized in Table 9 . The optimized inlet does yield a higher value of pt2/pt0 the any of the inlets of Table 8 . In addition, the values of IDC and IDR are essentially as low as any of the inlets of Table 8 and well within acceptable limits. Thus, the optimization process seemed to work well. The Mach number contours on the symmetry plane and on axial stations along the inlet are shown in Fig. 12 .
An additional two inlets were designed with the same values of the factors, except that the length of the subsonic diffuser (Lsubd/D2) was decreased to explore how the inlet performance changed with a decrease in the diffuser length. Shortening the inlet is beneficial in that it results in less weight for the inlet. Table 9 lists the performance metrics and Fig. 12 shows images of the Mach number contours on the symmetry plane and on axial stations along the inlet. As the subsonic diffuser was shortened, the flow rates and total pressure recovery were unaffected. The distortion indices show a slight increase as the subsonic diffusers are shortened; however, the distortion indices are still within acceptable limits. 
F. Mach 1.4 Inlets
The lessons of the studies for the inlets for M0 = 1.7 were applied to the design of inlets for M0 = 1.4. Because of the lower freestream Mach number, a supersonic compression to MEX = 1.25 was chosen which required a 4.136 degree deflection with a post-normal-terminal-shock Mach number of M1 = 0.813. With such a small deflection, it was decided to only use a single ramp for the external supersonic diffuser. Table 10 lists the values of the key design factors used for the inlets. A 1% supersonic spillage was specified. The cowl lip interior angle was set at θclip = 2.0 degrees, which is about half of the local flow angle at the cowl lip. Two inlets were designedone without a bleed slot and another with a bleed slot with 0.5% slot bleed specified. Table 10 lists the performance metrics obtained from the CFD simulations for the inlets for an operating point near the design corrected flow rate of Table 1 with a corresponding engine-face Mach number of M2 = 0.663 . Figure 13 shows images of the Mach number contours on the symmetry plane and on axial planes through the inlets. For both inlets, additional design effort could have been performed to better match the size of the inlet capture area with the specified corrected flow rate. However, the results indicate the general level of performance at this freestream Mach number. Both inlets show good performance at the critical operating condition. The inclusion of the bleed slot does seem to slightly increase the performance, but complexity of a bleed slot would not likely be justified by such Table 9 . Factors and inlet performance metrics for the optimum M0 = 1.7 inlet with variation in the length of the subsonic diffuser. improvement in performance. However, the bleed slot may be of benefit for off-design inlet flow rates and subsonic operation where variable geometry may be useful to increase the throat area. Such simulations require further investigation and a useful goal would be to eliminate the need for the slot bleed. 
G. Mach 2.0 Inlet
An inlet for M0 = 2.0 involved greater supersonic compression than the inlets for M0 = 1.4 and 1.7. The inlet for the Concorde [2] aircraft provided some guidance for some of the design factors. An external supersonic diffuser with three stages (Nstg = 3) was selected with the second stage being an isentropic stage, which was used for the Concorde inlet, as well as, the inlets for M0 = 1.7. The supersonic compression was performed to MEX = 1.35, with the intent of creating a strong oblique terminal shock with an interaction with a bleed slot, as used with the Concorde inlet. The angle of the supersonic flow ahead of station 1 had an angle of 18.697 degrees. The post-shock Mach number was M1 = 0.7618. A cowl lip interior angle of θclip = 12 degrees was chosen to provide the deflection for the generation of the strong oblique shock at the cowl lip. A wide bleed slot, such as used with the Concorde inlet, was used to allow for a milder interaction of the terminal shock with the centerbody. The inlet was sized for 1% supersonic spillage and 3% slot bleed flow. Table 11 lists the values used for the design factors. Table 11 also lists the performance metrics for the inlet for a simulation that is slightly lower than the design corrected flow rate of Table 1 . Figure 14 shows images of the Mach number contours on the symmetry plane and on axial planes through the inlets. The vortex originating from the lower corner of the throat section is of greater extent than that of the M0 = 1.7 inlet. This likely reflects the higher pressure gradients of this higher-speed inlet. For M0 = 2.0, the MIL-E model indicates a value of pt2/pt0 = 0.9204. Thus, the value of pt2/pt0 = 0.9354 is above the MIL-E model. As reference, the Concorde inlet was able to obtain a total pressure recovery at the critical operating points of pt2/pt0  0.96 with MEX = 1.91 and 6% slot bleed [2] . The IDC and IDR distortion indices are still within acceptable limits. Further study of the design factors is needed for the M0 = 2.0 inlet. 
V. Conclusion
Design factors for two-dimensional, external-compression inlets operating at their critical design corrected flow rate for Mach 1.4, 1.7, and 2.0 were studied. The inlets featured cowl lip interior angles (θclip) lower than the local flow angle (θcb1), which likely resulted in lower cowl wave drag. However, very low cowl lip interior angles could result in a too great of reduction of the inlet streamtube, which could result in acceleration of the flow to supersonic speeds and higher total pressure losses. Reasonable values of the cowl lip interior angles are 0.50θcb1  θclip  0.75θcb1. The use of a bleed slot was demonstrated and the length of the opening of the bleed slot (Lslot) was shown to be an important factor for allowing the bleed flow to be extracted while avoiding local acceleration of the flow to supersonic speeds within the throat section. The desirable length of the bleed slot is dependent on the rate of slot bleed flow with a larger opening required as the bleed flow rate increases. A desirable slope for the aft portion of the centerbody (θcbSD) seemed to favor lower slopes that would yield a more gradual area diffusion toward the start of the subsonic diffuser and greater area diffusion toward the engine face. Further study is needed to evaluate these inlets for subcritical and subsonic operation, as well as, accounting for inlet drag. Table 11 . Design factors and inlet performance metrics for the M0 = 2.0 inlets. Figure 14 . Mach number contours at the symmetry plane and axial stations through the inlet for M0 = 2.0 with slot bleed.
